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SUMMARY 
Fl igh t  ca l ib ra t ion  da ta  obtained from radar and rawinsonde balloon measure- 
ments t o  define pos i t ion  e r r o r  a re  presented f o r  s t a t i c  pressures  sensed by a 
standard NACA P i t o t - s t a t i c  tube attached t o  a nose boom and a fuselage nose 
f lu sh  s t a t i c  system. The data f o r  the  two systems a re  compared from low sub- 
sonic speeds t o  3.31, the  highest  comparable Mach number. F l igh t  ca l ib ra t ion  
data f o r  subsonic and supersonic speeds are a l so  presented and discussed f o r  a 
p i t o t  probe ahead of the canopy of the  X-15 .  
Stagnation pressures  from the p i t o t  probe were found t o  be very sens i t ive  
t o  angle of a t t ack  above a Mach number of 1.8, since the  probe i s  not located 
ahead of the a i r c r a f t  bow wave. Above the  transonic region, t he  Mach number and 
pre s sure - a l t i t ude  e r r  or s r e  sult ing from nose -boom s t a t i c  -pre s sure e r r  or s 
increased with Mach number. 
a t ta ined  w i t h  the  nose-boom i n s t a l l a t i o n )  the  absolute Mach number e r r o r  was 
0.18, and the  absolute pressure-al t i tude e r r o r  was 2,200 f e e t .  Although the  
nose-boom e r r o r s  were r e l a t i v e l y  independent of angle of a t t ack  up t o  1 2 O ,  t he  
f lu sh  s t a t i c  e r r o r s  were s ign i f i can t ly  dependent on angle of a t t ack  as evidenced 
by the  corresponding absolute Mach number and pressure-al t i tude e r r o r s  r e su l t i ng  
from t h i s  system a t  a Mach number of 3.31. A t  zero angle of a t t ack  the  e r r o r  
w a s  0.88 i n  Mach number and 12,400 f e e t  i n  pressure a l t i t u d e ;  whereas, a t  an 
angle of a t t ack  of 1 2 O  t he  e r r o r s  were, respect ively,  0.30 and 6,300 f e e t .  
Similar t o  the  nose-boom i n s t a l l a t i o n  above the  transonic region, t he  Mach 
number and pressure-al t i tude e r r o r s  of t h e  f l u s h  s t a t i c  system increased with 
Mach number. The e r r o r s  a t  a Mach number of 4.0 f o r  an angle of a t t ack  of 0' 
r e su l t ed  i n  Mach number and pressure-al t i tude e r r o r s  of 1.2'3 and 15,200 f e e t ,  
r e  spec t ive ly  . 
A t  a Mach number of 3.31 ( t h e  highest  Mach number 
This study indicated t h a t  a nose-boom s ta t ic -pressure  i n s t a l l a t i o n  i s  more 
su i tab le  from the standpoint of pos i t ion  e r r o r  and ease of ca l ib ra t ion  than a 
f lu sh  s t a t i c  system i n  the  speed range from low subsonic t o  the  highest  Mach 
number (3.31) invest igated with the  nose-boom i n s t a l l a t i o n .  
INTRODUCTION 
P i l o t  presentat ion of airspeed and a l t i t u d e  quan t i t i e s  i s  usual ly  provided 
by pressure-type sensors. The primary e r r o r  associated with pressure measure- 
ments on a i r c r a f t  i s  general ly  pos i t ion  e r ro r ,  or e r r o r  r e su l t i ng  from the  
disturbance a t  the  pressure source caused by the  interference of the  a i r c r a f t  on 
the flow f i e l d .  
Two pressure-type a i r speed-a l t i tude  systems have been used f o r  p i l o t  
presentat ion i n  the  X-15  f l i g h t  research program. 
e r r o r  ca l ib ra t ion  data have been obtained f o r  both of these systems a t  subsonic 
and supersonic speeds. 
Stat ic-pressure posi t ion-  
The f i rs t  system invest igated w a s  a nose-boom i n s t a l l a t i o n  which provided 
both s ta t ic -pressure  and stagnation-pressure sensing. Limited da ta  from t h i s  
system a re  presented i n  references 1 and 2, which repor t  the  methods used i n  
determining the  maximum Mach number (3.31) and maximum a l t i t u d e  (136,500 f t )  
a t ta ined  with the system. The second system invest igated incorporates t w o  mani- 
folded fuselage f lu sh  s t a t i c  o r i f i c e s  and a p i t o t  probe located ahead of the  
canopy. 
Both systems were intended pr imari ly  as sources f o r  pressure a l t i t u d e  and 
airspeed information f o r  t he  p i l o t  during landings; however, they have been used 
on a l imi ted  b a s i s  a t  higher speeds t o  supplement other ava i lab le  airspeed- 
a l t i t u d e  information t o  the  p i l o t .  
Cal ibrat ion da ta  have been obtained with the  X-15 airplane a t  speeds 
grea te r  than f o r  any other manned a i r c r a f t .  
high-speed a i r speed-a l t i tude  systems, t h i s  paper presents  s ta t ic -pressure  
ca l ib ra t ion  data for  the  two systems invest igated t o  i l l u s t r a t e  inherent 
posi t ion-error  c h a r a c t e r i s t i c s  of these types of i n s t a l l a t i o n s ,  espec ia l ly  a t  
supersonic speeds. The methods used t o  obtain the  s ta t ic -pressure  ca l ib ra t ion  
d i f f e r  from those used i n  previous F l igh t  Research Center inves t iga t ions  ( r e f s .  3 
and 4) because of the  high performance a t  which the X - 1 5  data were obtained. 
De ta i l s  of the  methods a re  included i n  t h i s  paper. Inasmuch a s  the f lu sh  s t a t i c  
source w a s  not posit ioned f o r  use a t  supersonic speeds, other possible  loca t ions  
f o r  supersonic use a re  discussed with the  a id  of X-15 model wind-tunnel data. 
In  addition, stagnation-pressure pos i t ion  e r r o r  evidenced from the  probe ahead 
of the  canopy i s  presented f o r  both subsonic and supersonic speeds. 
For appl ica t ion  t o  the  design of 
cP 
SYMBOLS 
s t a t i c  -pre ssure coef f ic ien t ,  4 
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pressure a l t i t u d e  above mean sea leve l ,  f t  hp 
e r r o r  i n  standard pressure a l t i t u d e  due t o  s ta t ic -pressure  e r r o r  
( t r u e  minus indicated)  fiP 
2 
M free-stream Mach number 
M '  indicated Mach number 
AM Mach number e r r o r  (M'  - M) 
P 
P' 
AP 
P t  s tagnat ion pressure,  l b / sq  f t  
free-stream s t a t i c  pressure,  l b / sq  f t  
indicated s t a t i c  pressure,  l b / sq  f t  
s ta t ic -pressure  e r r o r  ( p '  - p) ,  lb / sq  f t  
stagnation-pressure e r r o r  ( ind ica ted  minus t r u e ) ,  l b / sq  f t  Apt 
q dynamic pressure,  l b / sq  f t  
qC t r u e  impact pressure (pt - p) ,  l b / sq  f t  
t t i m e ,  see 
X longi tudina l  d i s tance  from t i p  of nose of a i rp lane  t o  survey locat ion,  
i n .  
a angle of a t tack ,  deg 
B angle of s ides l ip ,  deg 
Y r a t i o  of spec i f i c  hea t s  f o r  a i r  
Cp meridian angle, measured from bottom fuselage center l ine ,  deg 
Subscripts:  
b measurement from b a l l  nose 
n measurement from nose boom 
P measurement from p i t o t  probe 
The X-15 i s  a single-place,  rocket-powered research a i rp lane  capable of 
speeds over 6,000 f e e t  per second and a l t i t u d e s  g rea t e r  than 3OO,OOO f e e t .  
Carried under the  wing of a modified B-32 a i r c r a f t ,  the  X-13 i s  launched a t  an 
a l t i t u d e  of about 45,000 feet .  
showing the  nose boom and b a l l  nose, respec t ive ly .  Figure 3 i s  a three-view 
drawing of the  X-15 with the  bal l -nose i n s t a l l a t i o n .  
Figures 1 and 2 a r e  photographs of the  a i rp lane  
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A i r  speed -Alt i tude I n  s trument a t  i on 
Nose boom.- In  e a r l y  tes t s ,  the X - 1 3  a i rplane w a s  equipped with 8 standard 
NACA p i t o t - s t a t i c  tube.  
Dimensions of the  tube, diameters, and arrangements of the s t a t i c  o r i f i c e s  a re  
presented i n  reference 5. The s t a t i c  o r i f i c e s  used f o r  rccoraing purposes were 
located 6 3  inches forhard of the  t i p  of the a i r c r a f t  nose. 
pressure head, which i s  r e l a t i v e l y  in sens i t i ve  t o  angle of a t t ack  up t o  32", was 
the A-6 type discussed i n  reference 6 .  
Figure 4 shows a bottom view of the  detached tube.  
The stagnation- 
Flush s t a t i c  system.- A f l u s h  s t a t i c  system, consis t ing of two manifolded 
o r i f i c e s  on the  s ides  of the fuselage,  50 inches rearward of t he  leading edge of 
the  b a l l  nose and 2 inches above the  center l ine ,  w a s  provided f o r  p i l o t  use on 
landings a f t e r  the  nose boom w a s  replaced by the  b a l l  nose (described below). 
The o r i f i c e s  were located t o  provide minimum e r r o r s  over the speed and angle-of- 
a t t ack  ranges experienced during landings.  
P i t o t  probe.- Since the  removal of the nose boom, the  stagnation-pressure 
source of the  p i l o t ' s  subsonic a i r speed-a l t i tude  system has been a p i t o t  probe 
loca ted  d i r e c t l y  ahead of t he  canopy, '70 inches rearward of the nose ( f i g .  5 ) .  
B a l l  nose.- The b a l l  nose ( f i g .  6 ) ,  which replaced the  X-15 nose boom, is 
a spherical  pressure-nulling type of a i r f low sensor ( r e f .  7) designed f o r  opera- 
t i o n s  a t  the  high temperatures associated with aerodynamic hea-ting and a t  low 
dynamic pressures .  O f  the  f i v e  pressure o r i f i c e s  on the  "ba l l , "  only the  
s tagnat ion o r i f i c e  w a s  used f o r  recording pressures .  
Recording.- NACA aneroid absolute-  and d i f f e ren t i a l -p re s su re  recorders  
were used t o  record s t a t i c  and d i f f e r e n t i a l  pressures .  Each pressure w a s  
recorded on both a high and low range c e l l  of 0 t o  30 inches and 0 t o  3 inches 
of mercury. For some f l i g h t s ,  s ens i t i ve  d i f f e r e n t i a l  c e l l s  (50 t o  3 inches of 
mercury) were used t o  measure t h e  pressure d i f fe rence  between t h e  b a l l  nose and 
the  p i l o t ' s  p i t o t  probe. For ca l cu la t ing  Mach numbers, d i f f e r e n t i a l  c e l l s  were 
used t o  measure impact pressures .  For t h e  bal l -nose configuration, t h e  c e l l s  
were hooked up between the  bal l -nose s tagnat ion-pressure por t  and t h e  f lush-  
s t a t i c  o r i f i c e s .  
METHODS AND PRIXISION 
Comparison of Cal ibra t ion  Methods 
X - 1 5  a i rspeed c a l i b r a t i o n  da ta  were obtained by use of radar  and rawinsonde 
instruments.  Radar da ta  were provided by two of t h e  th ree  AFMTC-Mod I1 radars  
(modified SCR-384 radars)  located on the  X-15 High Range, one a t  t h e  F l igh t  
Research Center and the  other  a t  Beatty, Nev. AN/GMD-lA rawinsonde measure- 
ments were obtained pr imar i ly  by the  Edwards rawinsonde s t a t ion ,  operated by 
the  U. S. A i r  Force A i r  Weather Service.  
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Radar e r ro r s . -  Recent s tud ie s  ind ica te  t h a t  f o r  t y p i c a l  X - 1 5  high- 
performance f l i g h t s  radar  v e l o c i t i e s  a re  determined t o  accuracies  of 50 t o  
75 f e e t  per second by comparing the  data obtained simultaneously from the  two 
Mod I1 radars. Similar ly ,  a l t i t u d e  accuracies  a re  within about 1,000 f e e t  when 
op t i ca l  boresight  cor rec t ions  a re  unavailable.  
hence, shorter-range f l i g h t s  f o r  which o p t i c a l  boresight  cor rec t ions  are ava i l -  
able,  the  a l t i t u d e  accuracies  are- within about 100 f e e t  ( r e f .  3 ) .  
For lower-performance and, 
Rawinsonde e r r o r s .  - Reference 8 spec i f i e s  t h a t  t he  standard deviat ion e r r o r  
i n  radiosonde temperature measurements i s  near 1" C f o r  a l t i t u d e s  up t o  approx- 
imately 50,000 feet;  f o r  above 50,000 f e e t ,  reference 9 s t a t e s  t h a t  the  e r r o r s  
a r e  within 1.5" C t o  2.0" C. 
t he  radiosonde pressure e r r o r  i s  3 mil l ibars  below 50,000 f e e t  and somewhat l e s s  
above 50,000 f e e t  ( r e f .  8) .  Accuracy of rawinsonde wind-speed data i s  dependent 
on the  a t t i t u d e  and e leva t ion  angle a t  which the da t a  a r e  recorded. 
t o  reference 10, the  accuracy of wind speed from the AN/GMD-lA set for an 
a l t i t u d e  of 50,000 feet  i s  1.8 knots, 7 knots, and 16 knots a t  e leva t ion  angles 
of 20°, lo", and 6 O ,  respect ively.  
The accepted value i n  the  standard deviat ion of 
According 
Cal ibrat ion methods.- Two methods are used i n  applying the radar and 
rawinsonde data t o  determine s ta t ic -pressure  e r r o r  f o r  c a l i b r a t i n g  the  X-15 
a i rspeed-a l t i tude  i n s t a l l a t i o n s .  The radar-phototheodolite method, re fer red  t o  
herein as the  radar method, i s  described i n  references 3 and 11. 
c o r r e l a t e s  the  a l t i t u d e  of the a i r c r a f t  obtained by radar w i t h  ambient pressure 
ascer ta ined from radiosonde measurements. The s t a t i c  pressures  a r e  then 
compared t o  the  values of s t a t i c  pressures  recorded i n  f l i g h t .  Inasmuch as the  
nose-boom stagnation-pressure e r r o r s  may be considered negl ig ib le  f o r  most flow 
conditions ( see  refs. 5 ,  6, 12, and l3), t he  r a t i o  of s tagnat ion or impact 
pressure t o  s t a t i c  pressure may be used t o  der ive t r u e  Mach number. 
This method 
The resolving power l i m i t  of the  phototheodolite system was reached as a 
Therefore, most of the  r e s u l t  of t h e  expansion of the  performance envelope. 
a i rspeed nose-boom ca l ib ra t ion  data, e spec ia l ly  a t  the  higher speeds, were 
obtained without boresight  cor rec t ions .  
The other  method, re fer red  t o  here in  as the  sonic method, determines Mach 
number by using the  r a t i o  of t r u e  ve loc i ty  t o  the  speed of sound based on 
ambient temperature from radiosonde measurements. Velocity, referenced t o  the  
ground, and a l t i t u d e  a re  obtained by radar. Winds and a i r  temperature as 
funct ions of geometric a l t i t u d e  a r e  obtained by rawinsonde measurements from 
which t r u e  ve loc i ty  and speed of sound a r e  determined i n  conjunction w i t h  radar 
measurements. 
Comparison of c a l i b r a t i o n  methods.- Figure 7 presents  a comparison of 
approximate Mach number e r r o r s  f o r  various Mach numbers and pressure a l t i t u d e s  
f o r  both methods. For the  radar  method t h e  following two e r r o r s  were assumed: 
a 1,000-foot e r r o r  i n  radar a l t i t u d e ,  and a s t a t i c -p res su re  e r r o r  corresponding 
i n  p a r t  t o  a 1,000-foot radar  e r ror ,  and, i n  addi t ion,  t o  e r r o r s  i n  t h e  radio-  
sonde pressure survey (an  e r r o r  t h a t  va r i e s  w i t h  a l t i t u d e ,  estimated as +25O f e e t  
a t  50,000 f e e t  and +5OO f e e t  a t  100,000 f e e t ) .  
ve loc i ty  e r r o r  of 50 f e e t  per second and a constant temperature e r r o r  of 2' C 
were assumed. 
For t h e  sonic method, a constant 
Wind-velocity e r r o r  i s  assumed t o  be negl igible ,  s ince  the  
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preva i l ing  wind d i r ec t ions  encountered during X - 1 5  f l i g h t s  have been near ly  
normal t o  the  f l i g h t  path.  For the  e r r o r  analysis ,  temperature and pressure 
values as a funct ion of a l t i t u d e  were taken from reference 14. 
Figure 7 shows t h a t  both methods a r e  f a i r l y  in sens i t i ve  t o  a l t i t u d e  and 
t h a t  the radar  method i s  considerably more sens i t i ve  t o  Mach number than i s  the  
sonic method. The sonic method gives  more accurate r e s u l t s  than the  radar  
method f o r  Mach numbers s l i g h t l y  i n  excess of 2. Also, although not taken i n t o  
account i n  f igu re  7, t he  radar  method i s  increasingly a f fec ted  by pressure l a g  
as a l t i t u d e  increases,  whereas the  sonic method i s  not subject  t o  lag,  other  
than the  in s ign i f i can t ly  s m a l l  amount incurred by the  radiosonde temperature 
element i n  r i s i n g  with the  balloon. 
Because the sonic method w a s  more accurate than the radar  method f o r  Mach 
numbers grea te r  than 2 when boresight  cor rec t ions  were no longer avai lable ,  as 
a consequence of the increased t racking ranges, the  sonic method w a s  adopted 
exclusively f o r  X - 1 5  c a l i b r a t i o n  purposes. 
data i n  t h i s  paper were determined by t h i s  method. 
nose-boom ca l ib ra t ion  (obtained a t  shor te r  ranges) w a s  achieved e n t i r e l y  by the 
radar m e t h o d ,  although m o s t  of the data were determined without boresight  
correct ions,  e spec ia l ly  a t  supersonic speeds. The s m a l l  amount of data t h a t  
contains boresight  cor rec t ions  i s  accurate  t o  about 0.01 t o  0.02 i n  Mach number, 
based on reference 4. 
I 
I 
I 
A s  a r e s u l t ,  a l l  of the  f l u s h  s t a t i c  
A s  previously mentioned, the  
I 
In t e rp re t a t ion  of Recorded S t a t i c  Pressures 
Although the  major pressure e r r o r  i s  pos i t ion  e r r o r ,  the  other  e r r o r s  must 
a l s o  be taken i n t o  account. 
Recorder e r ro r s . -  For both the  nose-boom and f lu sh  s t a t i c  systems, NACA 
aneroid absolute-pressure and d i f f e ren t i a l -p re s su re  recorders  were used. Each 
recorder had two c e l l s  with ranges of 0 t o  50 inches and 0 t o  3 inches of 
mercury. According t o  curves presented i n  reference 3, the maximum Mach number 
e r r o r  r e s u l t i n g  from s ta t ic -pressure  e r r o r  associated with t h i s  combination of 
c e l l s  f o r  a l t i t u d e s  up t o  80,000 f e e t  ( t h e  highest  a l t i t u d e  a t  which ca l ib ra t ion  
da ta  were a t t a ined )  i s  about 1 percent.  However, for most a l t i t u d e s  for which 
the  more-sensitive c e l l  can be used (above about 50,000 f t )  t he  e r r o r s  a r e  l e s s  
than 0.25 percent.  Similar ly ,  from reference 3, it i s  estimated t h a t  the  
maximum e r r o r  r e s u l t i n g  from d i f f e ren t i a l -p re s su re  e r r o r s  i s  1 percent of the 
Mach number o r  l e s s  f o r  the  f l i g h t  condi t ions of the  ca l ib ra t ion  da ta .  
Static-probe e r r o r s . -  Wind-tunnel ca l ib ra t ion  d a t a  ( see  refs. 5 ,  12, 
and 13)  ind ica te  t h a t  the va r i a t ion  i n  s ta t ic -pressure  e r r o r  of the  standard 
NACA P i t o t - s t a t i c  tube caused by angle of a t t ack  i s  genera l ly  l e s s  than 1 per- 
cent of t he  impact pressure up t o  an angle of a t t ack  of 15"; t he  va r i a t ions  
r e su l t i ng  from s i d e s l i p  angles below 3" a re  l e s s  than 2 percent .  These e r r o r s  
correspond t o  Mach number e r r o r s  of 0.5 percent and 1 percent,  respect ively,  a t  
Mach numbers g rea t e r  than 3 and 0.008 and 0.016 at  a Mach number of 1. 
boom ca l ib ra t ion  da ta  were not obtained, however, a t  s i d e s l i p  angles  g rea t e r  
than about 1". 
Nose- 
O f  course, t he  pressure e r r o r s  f o r  the f l u s h  s t a t i c  vents due t o  
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s m a l l  protuberances or va r i a t ions  i n  skin contour a r e  not  known, but  they a re  
not believed t o  be excessive ( r e f .  15).  
Pressure l ag . -  Ground ca l ib ra t ions  were made of t he  s ta t ic -pressure  l a g s  of 
both systems. The sea- level- lag constant  w a s  determined t o  be 0.014 second f o r  
t he  nose-boom i n s t a l l a t i o n  and 0.008 second f o r  t he  f l u s h  s t a t i c  system. C a l i -  
b r a t ion  da ta  f o r  the  nose-boom s t a t i c  pressures  were corrected f o r  l a g  when the  
r e su l t i ng  e r r o r s  were i n  excess of 0.01 i n  Mach number. 
f o r  the f l u s h  s t a t i c  pressures  were not corrected f o r  l ag .  
general ly  s m a l l ,  bu t  e r r o r s  near 0.04 i n  Mach number can r e s u l t  when d a t a  
correspond t o  a l t i t u d e s  near 80,000 f e e t .  
The ca l ib ra t ion  d a t a  
The e r r o r s  a re  
External  flow e f f e c t s . -  The exhaust and intake of a i r  cut  of and i n t o  the  
s t a t i c  o r i f i ce s ,  caused by ex te rna l  interference,  produce an  e f f e c t  s imi la r  t o  
l a g .  
P i t o t - s t a t i c  tube ( r e f s .  16 and l7), it w a s  determined t h a t  r e s u l t i n g  Mach 
number e r r o r s  a r e  negl ig ib le  f o r  the  X-15 i n s t a l l a t i o n .  Therefore, no correc-  
t i o n s  were made f o r  e i t h e r  system. 
From the  r e s u l t s  of inves t iga t ions  of t h i s  e f f e c t  on the NACA type of 
Specific-heat e f f ec t s . -  When the  Rayleigh p i t o t  formula ( r e f .  18) i s  used 
t o  ca l cu la t e  Mach number by the  radar  method, the  va r i a t ion  of the  r a t i o  of 
spec i f ic  hea t s  f o r  a i r  7 must be considered a t  high s tagnat ion temperatures 
f o r  Mach numbers exceeding about 2 .  I n  the  study of reference 1, values of 7 
were used from reference 19  f o r  ca lcu la t ing  the maximum Mach number achieved 
with the  nose boom. Representative da t a  from reference 1 a r e  included i n  the  
c a l i b r a t i o n  da ta  presented i n  t h i s  paper. 
ca l ib ra t ion  d a t a  presented were s imi la r ly  corrected when the va r i a t ion  of y 
caused an e r r o r  i n  excess of 0.01 i n  Mach number. The m a x i m u m  Mach number e r r o r  
w a s  approximately 0.02, occurring a t  3.31, t he  peak Mach number a t t a ined  with 
the  nose boom. 
All of the  remaining nose-boom 
The f l u s h  s t a t i c  ca l ib ra t ion  data ,  obtained by the  sonic method, a r e  
affected differently by 7 than are the nose-boom data. Inasmuch as the radar 
and rawinsonde measurements are not s i g n i f i c a n t l y  sens i t i ve  t o  y var ia t ions ,  
only the  ca lcu la t ion  of M '  i s  ma te r i a l ly  a f fec ted  by a varying specif ic-heat  
r a t i o .  However, the M' da t a  presented here in  were not  corrected f o r  t h i s  
va r i a t ion .  The ca l ib ra t ion  da ta  presented, then, e f f e c t i v e l y  show free-s t ream 
Mach number f o r  values of 
The d i f fe rence  between M and M', essen t i a l ly ,  i s  t h e  cor rec t ion  t h a t  should 
be applied t o  the  p i l o t ' s  Mach meter reading, s ince t h i s  meter i s  subject  t o  
the  same pos i t i on  e r r o r  and i s  ca l ib ra t ed  by using the  Rayleigh p i t o t  formula 
based on a constant y .  A pa r t  af the  s c a t t e r  i n  M' based on y = 1.4 i s  
a t t r i b u t e d  t o  the  d i f f e r e n t  ambient temperatures encountered during ca l ib ra t ion .  
It i s  estimated t h a t  the maximum s c a t t e r  i n  M' due t o  t h i s  e f f e c t  i s  only 
about 0.01. Reference 20 presents  more de t a i l ed  information on y e f f e c t s .  
y based on the  standard specif ic-heat  r a t i o  of 1 .4 .  
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Summary. - The following t ab le  summarizes these e r ro r s ,  excluding nonambient 
e f f e c t s  f o r  the f lu sh  s t a t i c  system: 
0 
0 
Source 
.02 
Unknown 
Recorder 
P 
s, 
S t a t  i c - pr obe 
e r r  or s 
a e f f e c t s  
p e f f e c t s  
Lag 
Flow e f f e c t s  
y e f f e c t s  
Total 
Nose boom 
M = l  
0.007 
,008 
.008 
.008 
0 
0 
0 
0.031 
M =  3 
0.010 
0 
.015 
.005 
.020 
.002 
.01 
0.062 
Flush s t a t i c  I 
0.010 
0.040+ 
M = 5  
0.010 
0 
----- 
.04 
unknown 
.01 
0.060+ 
The e r r o r s  associated with lag ,  ex te rna l  flow e f f e c t s ,  and y e f f e c t s  a r e  
addi t ive  i n  a climb and tend t o  lower M ' ;  whereas, the  e r r o r s  associated with 
y are of the  opposite sign t o  the  other  e r r o r s  i n  a dive.  It i s  assumed t h a t  
s igns of t he  recorder e r r o r s  a r e  not general ly  dependent on a l t i t u d e  changes. 
RESULTS AND DISCUSSION 
Pitot-Probe Pressure Measurements 
Subsonic.- The accurate  measurement of s tagnat ion pressure on a i r c r a f t  a t  
subsonic speeds i s  usua l ly  a t t a ined  e a s i l y  with properly designed p i t o t  probes 
(refs.  5 ,  6, and 21). 
s e n s i t i v i t y  t o  angle of a t t ack  w a s  evidenced i n  the  stagnation-pressure 
measurements from the  p i l o t ' s  p i t o t  probe ahead of t he  canopy ( f i g .  8 ( a ) ) .  
t r u e  s tagnat ion pressures  for the  d a t a  of t h i s  f i gu re  were recorded from the  
nose boom. 
With the  nose-%oom configuration, however, an undesirable 
The 
The magnitudes of the  e r r o r s  shown i n  f igu re  8(a) were undesirable f o r  
airspeed presenta t ion  t o  the  p i l o t  f o r  the  very c r i t i c a l  landing approaches of 
the X-15. A f l i g h t  inves t iga t ion  w a s  conducted, therefore ,  t o  f i n d  a more 
accurate  probe or a b e t t e r  l oca t ion  f o r  sensing s tagnat ion pressure.  A sleeve 
having a sharp l i p  and a 30" conical  i n t e r n a l  chamber t o  minimize flow- 
s e n s i t i v i t y  e f f e c t s  ( ref .  6) w a s  a t tached t o  t h e  p i l o t ' s  p i t o t  probe. An exper- 
imental probe with bas ic  geometry similar t o  the  modified probe w a s  i n s t a l l e d  
a t  s t a t i o n  17, on the t o p  of t he  fuselage a t  the  cen te r l ine .  
and 8 ( c )  show t h a t  no improvement r e su l t ed  from pressures  measured by these two 
probes. 
Figures 8 ( b )  
When the nose boom was replaced with the b a l l  nose, the  inves t iga t ion  using 
a ca l ibra ted  reference s tagnat ion source w a s  necessar i ly  terminated. By 
comparing the  stagnation pressures  recorded from the  p i l o t s '  p i t o t  probe with 
those recorded from the  b a l l  nose, it w a s  found t h a t  the pressures  sensed by 
the  p i l o t s '  p i t o t  probe were not a f fec ted  by angle of a t t ack  f o r  the  ball-nose 
configuration a t  subsonic speeds. Figure 9, which shows the r a t i o  of s tagnat ion 
pressure measured by the  p i t o t  probe t o  t h a t  measured by the b a l l  nose as a 
funct ion of Mach number f o r  5 O  increments of angle of a t tack ,  ind ica tes  t h a t  no 
s ign i f i can t  d i f fe rences  occur a t  subsonic speeds. 
An X-15 model wind-tunnel inves t iga t ion  ( ref .  22) both v e r i f i e s  and 
explains  the r e s u l t s  of the  f l i g h t  da ta .  This inves t iga t ion  showed t h a t  stagna- 
t i o n  pressures  measured i n  the  proximity of the X-15 p i l o t s '  probe a re  sens i t ive  
t o  angle of a t t ack  when the nose of the a i r c r a f t  includes a nose boom. But, f o r  
e i t h e r  a rounded or pointed nose, t he  s tagnat ion pressures  were found t o  be 
in sens i t i ve  t o  angle of a t tack .  Reference 22 concludes t h a t  the stagnation- 
pressure e r r o r s  probably r e s u l t  from the v o r t i c i t y  shed by the  nose boom. 
Supersonic.- Figure 9 shows t h a t  stagnation-pressure c a l i b r a t i o n  da ta  
obtained a t  supersonic speeds a r e  considerably a f fec ted  by angle of a t t ack  
above M = 1.8, due t o  l o c a l  flow cha rac t e r i s t i c s ,  complicated by t h e  loca t ion  
of t h e  probe behind t h e  a i r c r a f t  bow wave. The data can be approximated by 
ca lcu la ted  curves as shown f o r  angles of a t t a c k  of Oo, loo,  and 20" (assuming no 
e r r o r s  i n  s tagnat ion pressures  sensed by the  b a l l  nose) .  The curves f o r  0' 
and 10' were ca lcu la ted  by using the  well-known tangent-cone approximation; t h e  
curve f o r  20' w a s  calculated by using a Prandtl-Meyer expansion from t h e  t i p  of 
the  nose back t o  t h e  probe s t a t i o n .  The curves, i n  general ,  agree with t h e  
data,  even though secondary f a c t o r s  such as vortex e f f e c t s  were not included. 
I n  con t r a s t  t o  s tagnat ion pressures  sensed by t h e  p i l o t s '  p i t o t  probe, t h e  
s tagnat ion pressures  sensed by the  b a l l  nose a r e  not subject  t o  angle-of-at tack 
e f f ec t s ,  inasmuch as the  b a l l  i s  af fec ted  only by a normal shock. The stagna- 
t ion-pressure lo s ses  behind the  normal shock can be accura te ly  determined by the 
Rayleigh p i t o t  formula, except f o r  extreme ra re f i ed  flow condi t ions ( s e e  r e f s .  23 
and 24 ) .  
Stat ic-Pressure Posit ion-Error Cal ibra t ions  
Subsonic and t ransonic . -  Figures 10 and 11 show the  subsonic and t ransonic  
c a l i b r a t i o n  da ta  i n  terms of f ree-s t ream Mach number and indicated Mach number 
f o r  t h e  nose-boom i n s t a l l a t i o n  and t h e  f lu sh  s t a t i c  i n s t a l l a t i o n ,  respec t ive ly .  
The nose-boom c a l i b r a t i o n  da ta  a r e  not referenced t o  angle of a t tack ,  s ince  
these  data,  as wel l  as other  NACA standard nose-boom f l i g h t  data ,  have shown the  
angle-of-at tack e f f e c t s  t o  be small up t o  
t e r i s t i c a l l y  drops t o  near zero a t  a Mach number s l i g h t l y  g rea t e r  than 1.0, 
corresponding t o  the  passage of t h e  a i r c r a f t  bow wave. 
a = 12'. The pos i t ion  e r r o r  charac- 
The f lu sh  s t a t i c  c a l i b r a t i o n  data ( f i g .  11) a r e  shown f o r  various angles  
of a t t ack .  
i s  not evident from the  da t a .  
S e n s i t i v i t y  of pos i t ion  e r r o r  t o  angle of a t t ack  f o r  subsonic speeds 
Supersonic.- The ca l ib ra t ions  f o r  the  two systems f o r  Mach numbers g rea t e r  
than 1 .2  a re  presented i n  f igu re  12 and i n  f i g u r e s  l 3 ( a )  and l 3 ( b ) .  
f o r  subsonic speeds, no e f f e c t  of angle of a t t a c k  w a s  expected, or found, f o r  t h e  
nose-boom ca l ib ra t ion .  However, f o r  Mach numbers g rea t e r  than 2, the  data 
ind ica te  t h a t  t he  pos i t ion  e r r o r  increases  s ign i f i can t ly  with Mach number. 
Apparently, these e r r o r s  are caused by the  in te r fe rence  of the  NACA P i t o t - s t a t i c  
tube with the  flow f i e l d ,  r a t h e r  than the  in te r fe rence  of the a i rp lane  with the  
f i e l d ,  inasmuch as the  a i rp lane  bow wave i s  wel l  t o  the rear of the  s t a t i c  
o r i f i c e s .  Included i n  the  f igu re  are data, f o r  Q: = O", of an i so l a t ed  p i t o t -  
s t a t i c  tube ca l ibra ted  i n  a wind tunnel,  as reported i n  reference 15. 
Again, as 
The f l u s h  s t a t i c  ca l ib ra t ion  ( f i g s .  l3 (a)  and ( b ) )  a t  supersonic speeds 
shows much l a r g e r  e r r o r s  than the  nose-boom ca l ib ra t ion  ( f i g .  1 2 ) .  Large va r i a -  
t i o n s  with angle of a t t a c k  are evidenced, desp i te  s c a t t e r .  The higher angle-of- 
a t t ack  d a t a  r e f l e c t  smaller pos i t ion  e r r o r s .  
Flush s t a t i c  s i d e s l i p  e f f e c t s . -  The f l u s h  s t a t i c  system incorporates  two 
manifolded o r i f i c e s ,  as previously described, f o r  reducing the  s ta t ic -pressure  
e r r o r s  caused by s ides l ip .  No pos i t ion-er ror  e f f e c t  has  been found f o r  sustained 
angle of s i d e s l i p  up t o  about 3". However, f o r  o s c i l l a t o r y  angle-of-s idesl ip  
changes, d e f i n i t e  s e n s i t i v i t y  has  been exhibi ted,  as seen i n  f igu re  1 4  which 
shows M I ,  My and during d i f f e r e n t  per iods of a f l i g h t .  Although these 
e r r o r s  are not generated i n  s t ab le  f l i g h t  and do not mater ia l ly  a f f e c t  the 
p i l o t s '  performance, they do ind ica te  t h a t  d iamet r ica l ly  opposed side-fuselage 
o r i f i c e s  even when manifolded do not  always compensate f o r  va r i a t ions  i n  
s ide  s l i p .  
Comparison of Posit ion-Error Cal ibra t ions  
Figures  l 5 (a )  and l 5 ( b )  compare the  pos i t ion-er ror  c a l i b r a t i o n s  of the  two 
systems i n  terms of The curves were determined from the  
c a l i b r a t i o n  d a t a  presented i n  the  preceding sec t ion .  
P i t o t - s t a t i c  tube were used f o r  cor rec t ing  Mach number and pressure a l t i t u d e  i n  
reducing bas i c  X-15 f l i g h t  da ta .  The curves f o r  t he  f lu sh  s t a t i c  system, shown 
up t o  a maximum Mach number of 4 f o r  t h ree  angles  of a t tack ,  are not  accurate  
ca l ib ra t ion  curves f o r  reduct ion of bas ic  f l i g h t  data above M = 1, but  are 
included t o  provide a general  comparison with the  nose-boom data. 
The curves f o r  the  NACA 
Subsonically, t he  two systems r e s u l t  i n  Mach number and pressure-a l t i tude  
The maximum Mach number and 
e r r o r s  of approximately the  same magnitudes. 
ind ica te  markedly d i f f e r e n t  magnitudes of e r r o r s .  
p ressure-a l t i tude  e r r o r s  f o r  t he  nose-boom i n s t a l l a t i o n  are 0.18 and 2,200 fee t ,  
respect ively,  occurring a t  the  maximum Mach number of 3.31 a t t a ined  with the  
nose-boom i n s t a l l a t i o n .  A t  t he  same Mach number, the  corresponding e r r o r s  f o r  
the  f l u s h  s t a t i c  system are 0.88 and 12,400 f e e t  f o r  
6,300 f ee t  f o r  QI = 12". For t h e  f l u s h  s t a t i c  system, as with t h e  nose-boom 
i n s t a l l a t i o n ,  t he  maximum Mach number and a l t i t u d e  e r r o r s  occur a t  t he  maximum 
Mach number t e s t e d .  These e r r o r s  are 1.25 i n  Mach number and 15,200 f ee t  i n  
Supersonically,  t h e  systems 
QI = 0" and 0.50 and 
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a l t i t u d e  f o r  QI = 0" and 0.77 and 8,800 f e e t  f o r  QI = 12" a t  a Mach number 
of 4. 
Unlike t h e  e r r o r s  associated with t h e  f l u s h  s t a t i c  system, which a re  
a t t r i b u t e d  t o  a i r c r a f t  disturbance of t he  ambient-pressure f i e l d ,  the  e r r o r s  f o r  
t he  nose-boom i n s t a l l a t i o n  can be almost e n t i r e l y  a t t r i b u t e d  t o  tube disturbance 
of the  a i r f low a t  supersonic speeds. Once a p a r t i c u l a r  p i t o t - s t a t i c  tube i s  
ca l ib ra t ed  i n  a wind tunnel, it may be i n s t a l l e d  on any nose boom of nominal 
length  without an extensive f l i g h t  c a l i b r a t i o n  a t  supersonic speeds, with one 
minor exception: It i s  sometimes necessary t o  c a l i b r a t e  f o r  the  e f f e c t  of t he  
a i r c r a f t  bow-wave in t e rac t ion  with the  boundary l aye r  which may cause a complex 
shock pa t t e rn  i n  the  v i c i n i t y  of t he  p i to t - s t a t i c - tube  o r i f i c e s .  This e r r o r  i s  
s m a l l ,  however, and i s  l imi ted  t o  a narrow Mach number range a t  l o w  supersonic 
speeds ( r e f .  25) .  
Analysis of Possible S t a t i c  - h e  s sure -Sen sing Locations 
Nose sec t ion . -  The da ta  of f igu res  l 3 (a )  and l 3 ( b )  i l l u s t r a t e  t he  
importance of s e l ec t ing  fuselage s t a t i c  o r i f i c e s  t h a t  r e s u l t  i n  minimum pressure 
s e n s i t i v i t y  t o  angle of a t t a c k  a t  supersonic speeds. Another consideration i n  
the  se l ec t ion  of fuselage o r i f i c e s  f o r  supersonic use i s  t o  minimize associated 
s t a t i c -p res su re  c o e f f i c i e n t s  Cp which a r e  approximately constant with Mach 
number a t  a constant angle of a t t ack .  This i s  important because as dynamic 
pressure increases  with the  square of Mach number, t he  s t a t i c -p res su re  e r r o r  
increases  a t  the  same r a t e  t o  keep t h e  coe f f i c i en t  constant.  
t he  Mach number e r r o r s  t h a t  correspond t o  various values of s t a t i c -p res su re  
c o e f f i c i e n t  over t h e  Mach number range from 0 t o  10. 
Figure 16 shows 
With the  preceding considerations as prime r e q u i s i t e s ,  X - 1 5  model wind- 
tunnel  s t a t i c -p res su re  d a t a  ( r e f s .  26 and 27) were analyzed t o  f ind  an optimum 
loca t ion  on the  X-15 ogive nose f o r  sensing s t a t i c  pressures a t  supersonic 
speeds. Figure 17  shows the va r i a t ions  of s t a t i c -p res su re  coe f f i c i en t  f o r  
fuselage s t a t i o n  50 aga ins t  fuselage Circumferential angle f o r  various Mach 
numbers and angles of a t t ack .  
would be b e t t e r  than the  now-used 98" f o r  decreasing s t a t i c -p res su re  s e n s i t i v i t y  
t o  angle of a t t a c k  f o r  t he  supersonic Mach numbers investigated.  However, the  
average s t a t i c -p res su re  coe f f i c i en t  of 0.1 would be about t he  same as 
experienced a t  the  present l oca t ion .  
Apparently, a meridian angle between 80" and 85" 
Figure 18 i s  presented t o  show the  mean magnitude of s ta t ic -pressure  
coe f f i c i en t  corresponding t o  the  meridian angle t h a t  r e s u l t s  i n  minimum 
s e n s i t i v i t y  t o  angle of a t t ack  f o r  various s t a t i o n s  on the  nose. Apparently, 
only c i rcumferent ia l  l oca t ions  ( spec i f i ed  i n  following f igu re )  near s t a t i o n  1 3 1  
would r e s u l t  i n  both minimum pressure s e n s i t i v i t y  t o  angle of a t t a c k  and mean 
values of t he  s t a t i c -p res su re  coe f f i c i en t  near zero. A c lose r  inspection of t he  
wind-tunnel data f o r  fuselage s t a t i o n  1 3 1  ( f i g .  19) i nd ica t e s  t h a t  a meridian 
angle of approximately 80" appears t o  be optimum f o r  the  Mach number range 
from 2.30 t o  4.65. 
c o e f f i c i e n t  would occur f o r  angle-of-attack v a r i a t i o n s  from 0" t o  l5" ,  which i s  
s i m i l a r  t o  t he  s ta t ic -pressure-coef f ic ien t  va r i a t ion  with angle of a t t a c k  f o r  
t he  b e s t  c i rcumferent ia l  l oca t ion  a t  s t a t i o n  50 ( f i g .  17). 
However, a v a r i a t i o n  of about fO.025 i n  s t a t i c -p res su re  
Analysis of the wind-tunnel da t a  shows t h a t  no loca t ion  on the  fuselage 
nose of the X-15 i s  s ign i f i can t ly  in sens i t i ve  t o  angle-of-attack va r i a t ions  f o r  
Mach numbers between 2.30 and 4.63. 
Base loca t ions . -  Base pressure measurements on the  X-15 ( r e f .  28) ind ica te  
t h a t  s ta t ic -pressure  coe f f i c i en t s  may be l e s s  a f fec ted  by angle of a t t ack  a t  
i s  needed t o  a sce r t a in  i f  s ign i f i can t  improvement could be gained by u t i l i z i n g  
base pressures f o r  airspeed appl ica t ions .  
, base loca t ions  than a t  loca t ions  on the  ogive nose. However, addi t iona l  research 
CONCLUSIONS 
I Stat ic-pressure and stagnation-pressure ca l ib ra t ion  da ta  obtained t o  def ine 
pos i t ion  e r r o r s  both subsonically and supersonical ly  f o r  the various airspeed- 
a l t i t u d e  i n s t a l l a t i o n s  on the X-15 airplane l e d  t o  the following conclusions: 
1. Stagnation pressures  from the  p i l o t s '  p i t o t  probe located ahead of the  
canopy w e r e  very sens i t ive  t o  angle of a t t ack  above a Mach number of 1.8, since 
I t he  probe w a s  not located ahead of the  a i r c r a f t  bow wave. 
2. The nose-boom s t a t i c  pressures,  although r e l a t i v e l y  in sens i t i ve  t o  
angle of a t t ack  up t o  the  maximum encountered of 12O, r e su l t ed  i n  Mach number 
and pressure-a l t i tude  e r r o r s  t h a t  increased with Mach number. A t  t he  m a x i m u m  
Mach number of 3.31 a t t a ined  with the  nose boom, the  absolute  e r r o r s  were 0.18 
i n  Mach number and 2,200 f e e t  i n  pressure a l t i t u d e .  
3. The f l u s h  s t a t i c  system, unlike the  nose-boom system, w a s  s ign i f i can t ly  
sens i t i ve  t o  angle of a t t a c k  a t  supersonic speeds. A t  a Mach number of 3.31, 
the absolute  Mach number and pressure-a l t i tude  e r r o r s  were 0.88 and 12,400 f e e t ,  
respect ively,  f o r  Oo angle of a t tack ;  f o r  the  same Mach number, but  a t  an angle 
of a t t ack  of 12", the  corresponding absolute  Mach number and pressure-a l t i tude  
e r r o r s  were 0.50 and 6,300 f e e t ,  respec t ive ly .  
4. Similar  t o  the  nose-boom i n s t a l l a t i o n ,  above the  t ransonic  region the  
Mach number and pressure-a l t i tude  e r r o r s  of the  f l u s h  s t a t i c  system increased 
with Mach number. 
of 0" r e su l t ed  i n  Mach number and pressure-a l t i tude  e r r o r s  of 1.25 and 
l5,2OO f e e t ,  respec t ive ly .  
The e r r o r s  a t  a Mach number of 4.0 f o r  an angle of a t t ack  
5 .  The study indicated t h a t  a nose-boom s ta t ic -pressure  i n s t a l l a t i o n  i s  
more su i t ab le  from the standpoint of pos i t ion  e r r o r  and ease of ca l ib ra t ion  than 
a f l u s h  s t a t i c  system i n  the  speed range from low subsonic t o  the  highest  Mach 
number (3.31) inves t iga ted  with the nose-boom i n s t a l l a t i o n .  
F l igh t  Re search Center 
National Aeronautics and Space Administration 
Edwards, C a l i f . ,  December 7, 1962 
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Figure 1 .- Photograph of the X-15 airplane with nose boom . 
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Figure 2 .- Photograph of the X-15 airpl ane with bal l nose . E - 7902 
Figure 3.- Three-view drawing of the X-15 with ball nose. All dimensions in feet. 
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Figure 6 .- Photograph of X-15 ball nose . 
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Figure 8.- Variation of subsonic to t a l -p re s su re  e r r o r s  with angle of a t t a c k  f o r  
t h ree  probes. Nose-boom configurat ion.  
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Figure 11.- Subsonic and t ransonic  pos i t ion-er ror  c a l i b r a t i o n  f o r  t h e  f lu sh  
s t a t i c  ( b a l l  nose) system. 
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Figure 13.- Supersonic pos i t ion-er ror  ca l ib ra t ion  for t h e  f l u s h  s t a t i c  
( b a l l  nose) system. 
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Figure 15.- Comparison of t h e  pos i t ion-er ror  ca l ibra t ior -s  f o r  t h e  nose-boom 
and flush s t a t i c  ( b a l l  nose) systems. 
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